_-r‘_; ‘.rf‘ | s ) - ] | . ..‘_‘. ." -* ! “ ’\ ﬂ%y b
UNCLASSIFILLCONF lDiﬁ_—E'AL o .=+ S RM AB4HIZ

2

NACA RM Ab4

RESEARCH MEMORANDUM

EFFECTS OF ANGLE OF ATTACK AND AIRFOIL PROFILE
ON THE TWO-DIMENSIONAL FLUTTER DERIVATIVES
FOR AIRFOILS OSCILLATING IN PITCH AT |

HIGH SUBSONIC SPEEDS
By John A. Wyss and Raymond Herrera

- o

Ames Aeronautical Laboratory

CLASSIFICATION CiyiefipthFjeld, Calif. .
4 UNCLASSIFIED -

BY suthority cf Flao s A ¢ D‘Em' = . l

‘ T e 0 e o o

-------------

’hé ’?-(nl;ég' CLASSIFIED DOCUMENT

sving the Mattonal Detense of the United States within the ms:
mmmmvmm&w%qm,m_ e Sevela o of which in sy
manper  pazacas 1 probmuitid by tow. ..

NATIONAL ADVISORY COMMITTEE
FOR AERONAUTICS

4 WASHINGTON
| October 15, 1954

~ CONFIDENTIAL
UNCLASSIFIED



LNCLASSIFIEY
NACA RM ASLHI12 m—- -
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RESEARCH MEMORANDUM

EFFECTS OF ANGLE OF ATTACK AND AIRFOIL FROFILE
ON THE TWO-DIMENSIONAL FLUTTER DERIVATIVES
FOR ATRFOILS OSCILLATING IN PITCH AT
BIGH SUBSONIC SPEEDS

By John A. Wyss and Raymond Herrera
SUMMARY

Two-dimensional serodynamic 1ift and moment flutter derivetives
are presented for moderate and high angles of attack for several airfoil
profiles vearying in thickness and thickness distribution. The deriva-
tives were evaluated from data obtained by means of pressure cells for
models oscillating about the quarter-chord axis at mean angles of attack
of 4° and 8° (and for one model at 10°) for amplitudes of #1°, for fre-
guencies up to 40 cycles per second, and for a range of Mach numbers
including values which lead to either partielly stalled or supercritical
flow. Reduced frequency varied from gbout 0.12 to 1.2 at M = 0.2, and
from 0.03 to 0.30 at M = 0.86. Reynolds number based on the airfoil
chord varied from 3 million to 8 million.

The results of the investigation indicate that the variables, angle
of attack, airfoil profile, reduced frequency, and Mach number, each have
significant effects which appear to be interdependent. TIn general, for
angles of attack below the beginning of stall, reasonable agreement was
obtained with theory except for the phase angles of the moment deriva-
tives. This exception was due to changes of the center of pressure to
a point ahead of the quarter chord. As a first approximation, the Mach
number for 1lift divergence can be correlsted with the Ma®h number at
which large variations of the derivatives occurred. Sincg the Mach num-
ber for lift divergence decreases with increasing angle of attack, the
onset of large variations in the dérivatives can be expected to occur at
a lower Mach number as the angle of attack is increased. In some cases,
the possibility of a single-degree-of-freedom torsional instability wes
indicated by a change in sign of the torsional-damping parameter.
Although & reduction in airfoil thickness has been previously shown to
be beneficial at low angles of attack, a trend toward instability results
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at moderate angles of attack. For airfolls of equal thickness a rear-
ward location of the point of maximum thickness appeared to increase
torsional stability.

INTRODUCTION

Several previous investigations have been concerned with the meas-
urement of oscillatory aerodynamic derivatives for ailrfoils at high
angles of attack or 1in the stall reglon. One of_the most recent, and
probably the most comprehensive, of these 1nvestigations js the one
reported by Halfman, ‘Johnson, and Haley (ref. 1). In that report, ear-
lier results such as those obtalned by Bratt and Scruton (ref. 2), Bratt
and Wight (ref. 3), Halfman (ref. 4), and Bratt, Wight, and Chinneck
(ref. 5) are discussed and evaluated together with proposed theoretical
applications such as that by Victory (ref. 6). It was indicated that _
the large number of important variables made an &dequate prediction of ..
stall flutter far moré difficult than the already camplex classical case

at zero mean angle of attack, so that only the most. general conclusions””

could be drawn. These varilsbles 1ncludé&'airfoi1 shape, mean angle of _._ .

attack, amplitude of oscillation; freqiency parameter, the location of
the rotational axis, &nd Reynolds number. Since previous investigations
were conducted at very.low speeds, the effects of another variable,

Mach number, were necessarily omitted. '

One purpose cf this report, therefore, is to present two-dimensionel
oscillatory lift and moment data for a range of Mach numbers including
values which lead to either partially stalled or supercritical flow.

Data obtained with the same series of alrfaills for mean angles of attack .
of 0° and 2° have previocusly been presented in. reference 7 and, hence,
another purpose of this report is to present data for higher angles of
attack.

‘ SYMBOLS
a .velocity of sound, ft/sec .
b wing semichord, ft
cy dynaemic section 1ift coefficient
Cm dynamic section moment coefficient about quarter p01nt
of chord s o
£ frequency of oseillation, cps = - o
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k reduced frequency, ‘*"[—9

M Mach number, %

My, oscillatory aerodynamic section moment on wing about axls
of rotation, positive with leading edge up

Mip Mach number for 1ift divergence

Py oscillatory aerodynamic section 1ift on wing, positive
upwards -

q free-stream dynamic pressure, 1b/sq ft

v free-ptream velocity, ft/sec

a oscillatory anguler displacement (pitch) about axis of
rotation, positive with leading edge up, radians

Cm mean angle of attack about which oascillation takes
place, deg

e phase angle between oscillatory moment and position «,

positive for moment leading o, deg

@ phase angle between oscillatory 1ift and position «,
positive for 1ift leading «, deg
w circular frequency, 2xf, radisns/sec
deq . Pa,e"iq) .
T magnitude of dynamic lift-curve slope, —m— , per radian
d
-d% megnitude of dynemic moment-curve slope,
-ig
l‘h’——g— s, per radian
#=q0,

|ddcm‘ sin 8
K- = I torsional damping parameter

¥

| ]
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APPARATUS AND METHOD

The models and assoclated apparatus have been described in refer-
ences 7 and 8, and therefore only the more sallent features are described
here. The airfoils, each with a chord of 2 feet, had NACA 654012, 65A008,
654004, 2-008, and BTTA008* profiles. In figure 1, the model profiles
are illustrated to show the variation of thickness and thickness distri-
bution. The NACA 654008 airfoil is marked to indicate the location of
the pressure cells. Model instrumentation consisted of 15 flush-type
pressure cells and 15. pressure orifices along the midspan of each surface
of each model. The pressure orlfice adjacent to each pressure cell pro-
vided an internal reference pressure for that pressure cell. These ort=
fices were &lso used 1n conjunction with a multiple mercury manometer to
determine the time-avérage pressure dlstribution. In order that the
internal reference pressure of the pressure cells would be essentlally
steady, about 50 feet of 1/16 inch tubing was used from the orifice to
the manometer and back to the pressure cell.

The two-dimensional channel in the Ames 16~foot.high-speed wind -
tunnel in which the models were oscillated end the drive system are illus-
trated in figure 2. The channel was 20 feet long and 16 feet high.

Sample oscillogrebh records, “taken on 1h- channel osc1llographs, are
presented in figure 3. The traces in the upper portion of each record
indicate the difference between the oscilllatory pressures on.the upper
and lower surface for Beveérdl chord stations. The sum trace, which was
the summation of the output of all cells and therefore proportionsl to
the variation of 1ift force, and the output of an NACA slide-wire posi-
tion transducer, proportional to the model angle of attack, were simul-
taneously reéorded. Records were obtained with Mach number and mean
angle of attack constent for frequencies from 4 to 4O cycles per second
at intervals of 4 cycles per-second, and for an amplitude of .*19. The
lift was evaluated from’ a'12-point harmonic _analysis for each of three
consecutive cycles of the sum trace. The pitching moment was evaluated
from a 12-point harmonic analysis of the indiv1dual cell traces for one
cycle,

In order to minimize tunnel-wall effects due. 0 the. phenomenon of
wind-tunnel resonance (refs. 9, 10, and 11), all data obtained within
10 percent of the tunngl resonant fregyengy'hgxe been omltted. Although
such a procedure does ndt mean tunnel-wall effects have been completely
eliminated over the entire frequengy range, it is felt that tunnel-wall
effects are & small Factor in the trends of the data. (See ref. T.)

1The NACA 87T7A008 profile was derlved from the NACA 8474110 profile
by using the lower-surface coordinates for both upper snd lower surfaces
and then reducing the thickness ratlio to 8 percent.

1oy
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For a discussion of other factors influencing the precision of the
data, the reader is referred to references 12 and 13. As in reference 13,
it was necessary to correct the component of the derivatives in phase
with position for the inertias forces due to acceleration of the pressure-
cell diaphragms (determined from date obtained at various frequencies in
still air). As one example, for the highest frequency of oscillation at
0.8 Mach number, the correction was 5 percent or less of the messured
values.

RESULTS

The basic date obtained in the investigation are presented as a
function of reduced frequency for constant Mach numbers in figures L
" -mgh 9. Reduced frequency was chosen for the abscissa in order to
1t the data in the most useful, and perhaps the most familiar, form
- a*reraft designer.

Figires L4 and 5 contain the 1ift and moment derivatives, respectively,
for a mean angle of attack of ho, for the three models which vary in
thickness - NACA 65A012, 65A008, and 65A00k.

Figures 6 and 7 contain the respective 1lift and moment derivatives,
also for a mean angle of attack of ho, for the three models which vary
in thickness distribution - NACA 2-008, 654008, and 877A008.

Figures 8 and 9 contain the data for a mean angle of attack of 8°
for the three latter models, and also for a mean angle of attack of 10°
for the NACA 65A008 airfoil.

Since the same range of variables is not necessarily included in
each figure, for clarification the mean angles of attack and the Mach
numbers are tabulated as follows: '

NACA Mach number :

airfoil | 0.2.{0.3 { 0.k 0.5 0.59 0.6810.73§0.79] 0.83 |0.86 {0.87
654012 1o Lo 4o I 4o 1 4o

654008 [ 10° |10° | 8° }juo,8°|k°,8° | O 10 40

65400k ko jo S R B R 1°
2-008 8% | 82 |L1°,8° | k°,8°1 1° L I i B

8774008 8° [40,8° [ 14°,8° ]| 4°,8° | 1° | 1° | 4 ¥ e

The theoretical curves shown in each figure were obtained by cross-
plotting theoretical results given by Dietze for Mach numbers of 0, 0.5,
0.6, and 0.7 (ref. 1k), by Minhinnick for M = 0.8 (ref. 15), and by

-
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Nelson and Berman for M = 1.0 (ref. 16). Values at intermediate Mach
numbers were obtained by interpolation, but the errors due to fairings
are belleved. to be small. T

DISCUSSION

The results of the investigation indicated that the four basic para-
meters, (1) reduced frequency, (2) airfoil profile, (3) Mach number, snd
(L) angle of attack, each hed important effects which were, expectedly,
interdependent or interrelated. For example, increasing angle of attack
so that the flow became separated, or increasing Mach number so that the

flow became supercritical, is alréady kndwn to have large effects orr- T

steady-state aerodynamic characteristica and would therefore be expected
to have large effects on the oscillatory sercdynamic characteristics.
The fundemental purpose of the present discussion, then, is to point out

the importent effects of the two varimbles, angle of attack and airfail _ .

profile, on the oscilliatory flutter derivatives, and to indicate how the
derivatives are affected by changes in Mach number and reddced frequency.

Introductory Illustrations

Before examining the basic data, it 1s desirable to provide two

specific illustrations of some of the effects of these varlables in order”

that the reader may have a better understanding of the fundamental causes

of the large varlatlons of the regulte. The first illustration is con- . .

cerned with a discussicon of Beveral features already “indicated in fig—
ure 3 . .. . e s e e e oo .

Effect of angle 6f sttack and Mach number on oscillataory chordwise ~
pressures.- The sample records shown in figure 3 were selected for the

NACA 65A008 airfoil since it is intermediate in thickness and thickness: "

distribution, and is therefore considered the reference airfoil. In
figure 3(b) the relative smoothness of the individual traces for oy = 4°
at M = 0.59 18 spparent. The nonsinusoldal nature and large amplitude

of the trace representing the variation with time of the pressure differ-..

ence between the upper and lower surface at 1l.25-percent-chord statlon
can be attributed to a.small supersonic region near the nose of the air-
foil. Time-average pressure distributions indicated that the local flow
became supercritical at thls Mach number when the angle of attack was
greater than 2°. With an increase in angle of attack (fig. 3(a)), the

increase in the lntemsity of the shock wave 8fid an increase in the degreém

of separation of flow may be Interpreted from the increase In the ampli-
tude of the trace deflections and the I1rregularity of the pressure fluc--
tuations at the leading edge. When the Mach number was lncreased from
0.59 to 0.79, at a mean angle of attack of 4° (fig. 3(c)), the rearward




NACA RM AShLHI2 ]

movement of the shock wave was indicated by the large nonsinusoidal pres-
sure fluctuations at the 35- ané L45-percent-chord stations.

Thus, figure 3 is useful in pointing out the radical changes to the
oscillatory pressures which occur when either angle of attack or Mach
number is increased beyond those conditions for which the flow has become
critical.

Since such flow conditions also result in changes to steady-state
aerodynamic characteristics, it would appear that figure 3 admiis the
possibility of large changés ta the oscillatory derivatives when the lift-
curve slope is nonlinear due to flow separation 1n partial-stall condi-
tions, or when the Mach number for steady-state 1ift divergence is
exceeded. The.large effects on the oscillatory derivatives, when the
Mach number for 1ift divergence has been exceeded, have been indicated
in reference T for mean angles of attack of o° and 29, The effects of
nonlinear 1ift curves attributed to flow séparation will be discussed
in conjunction with figure 10.

Effect of airfoil profile on steady-state serodynamic character-
istics.- In Tigure 10 the aerodynamic charascteristics of the three &-
percent-thick airfoils are presented for a Mach number of 0.40. The
steady-state variation of 1ift as & function of angle of attack (deter-
mined by means of a multiple-tube mercury manometer) is indicated by the
unflagged symbols. The flagged symbols for the NACA 65A008 airfoil are
for data obtained by means of strain-gage balances. The small differ-
ences at the higher angles of attack would appear to indicate that end
effects were probably very smell inasmuch as the strain-gage cutputs were
proportional to the total wing ares while pressure orifices indicated the
wing loading only along the midspan. The dashed lines included in this
figure indicate the variation of 1lift determined by means of pressure
cells as the models were g2lowly oscillated at about 2 cycles per second
through large angles of attack. The vertical bars in figure 10 indicate
the mean angle of atteck for which the high-angle-of-attack derivatives
are presented in figures 8 and 9 for amplitudes of +1°,

It appears that the data for unsteady and steady comditions in this
figure are qualitatively related in that the hysteresis loop at the higher
angles of attack for the unsteady case becomes larger where the 1ift
curve for the steady case deparits more from the linear. For the airfoil
designed for high maximum 1ift coefficient, the NACA 2-008 airfoil, the
1ift curve remains linear to an angle of attack of about 10°, while for
the other two models the 1ift curve breaks at about 6°. Tt is obvious
that if each airfoil were oscillated about a mean angle of attack of 80,
indicated by the vertical bar on each curve, the flow condition for the
NACA 65A008 and &7TAO08 airfoils would be quite dissimilar from that for
the NACA 2-008 airfoil. It can also be noted that the effect of a finite
frequency was to delay the break of the 1ift curve to a higher angle of
attack. This point is best illustrated for the NACA 654008 airfoil in
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that the break for the unsteady case occurred at about an 8° angle of " ‘
attack, compared to about 6° for the steady case. This filgure illus- L
trates the importance of alrfoll profille at high angles of attack.

The lift-curve slopes at an angle of attack of 80, obtained from the
static data shown in figure 10, were plotted in figure 8(c) for k = O.
It can be seen that these values are consistent with the trends shown by
the pressure-cell data for each of the three models although the values
for the models differ greatly. e

Aerodynamlic Flutter Derivatives

Although a detalled examination of figures 4 through 9 reveales many
minor variations in the trends of the. data, there are several major vari- -
ations from theory and large changes in the flutter derivatives due to L=
the effects of reducEd frequency, Mach number, or angle of attack. It is C e
to the major veristions thaet the remainder of the discuesion is directed.

Effect of reduced freguency on moment derlvative.- For a mean angle _
of attack of 4° at. Mach numbers up to 0.68, the most striking variation o=
from theory occurred. in the moment derivatives. From figures 5(a) and ot
7(a) it can be noted that as reduced frequency decreased, the phase angles i
converged toward 0° (i.e., the moment vector approached being in phase e
with ailrfoil position) in contrast to a phase angle of 270° predicted by
the theory. Also, the magnitude of the moment derlvative appears to o
approach a finite value rather than zero as the frequency approaches zeroc. v
Extrapolation. of the 1ift and moment derlvatives to k = 0 indicates that
the serodynamic center of the oscillatory 1ift was thus ahead of the
guarter-chord point a distance up to 5 percent of the chord. This posi-
tlon of the aerodynamic center was not antlcipated by the theory for

= 0; however, it should be pointed cut that the theory does predict a
forward location of the center of pressure at low values of reduced fre-

quency. L

For the rotational axis located at the quarter-chord poilnt, only the
noncirculatory terms remain in the theoretical expressions; for other .
locations of the rotational axis, the circulatery terms are included. It B
is interesting to note that for a midchord axis of rotation the theoret-
ical phase angles converge toward 360 “,. While. for a leading~-edge locatilon,
the theoretical phasée anglés converge’ toward 180 Hence, the theory
indlicates a large ghift in phase angle as the location of the rotational
axis moves gcross the fixed location of the center of pressure. Con- o
versely, one might expect a large shift in phase angle, 1f the center of —— %
pressure moves acrosg a fixed location of . the rotational axis. Bt

Effect of Mach numbe¥ &n momernt derivative.- A large shift in the
moment~derivative phase angles for all reduced frequeuncies did occur as
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Mach number was increased and can be seen in figures 5(d), 5(e), 5(f),
7(a), 7(e), and T(f). To illustrate this effect more clearly, figures 11
and 12 have been prepared. 1In these figures, the derivatives and their
accompanying phase angles have been plotted as a function of Mach number
for several values of reduced frequency. Attention is first directed %o
figures 11(b) end 12(b), which contain the moment derivatives and phase
angles. TFigures 11(a) and 12(a) which contain the 1lift derivatives and
phase angles will be discussed 1n a following section.

Examination of figures 11(b) and 12(b) indicates that the large phase
shift of the moment derivative was an effect of compressibility, and that
the Mach number at which the shift occurred was dependent on airfoil pro-
file. Thickness distribution had a greater effect than airfoil thickness,
in thet the shift occurred at & higher Mach number as the location of
maximum thickness was moved toward the trailing edge, but was nearly the
same for the models which varied in thickness.

Correlation with Mach number for 1lift divergence.- The large shift
of the phase angle can be related to the Mech number for lift divergence.
The approximate Mach numbers for 1ift divergence determined for an angle
of attack of 4° from pressure distributions measured by means of the
pressure orifices and the multiple-tube mercury manometer were as follows:

NACA
girfoil Yo
65A012 0.66
654008 .69
65400k 17
2-008 .65
87TA008 .12

Exemination of figures 11(b) and 12(b) indicates that the large shift
in the phase angle of the moment derivative occurred at Mach numbers
greater than those for 1lift divergence. Moreover, it can be noted thet
the Mach number at which large reductions occurred in the magnitude of
the 1lift derivative also were grester_ than the Mach number for 1ift diver-
gence (figs. 11(a) and 12(a)). It therefore appears that a qualitative
result of the present investigation is that the Mach number for 1ift
divergence may be used (as a first approximation) as a criterion which is
indicative of the onset of & large variation of the 1ift and moment deri-
vatives as Mach number is increased. It might be noted that this result
for 4° is similer to that found for mean angles of attack of 0° and 2°
in reference T. At the higher angles of attack, insufficient data were
obtained to evaluate this criterion. However, since the Mach number for
lift divergence decreases with increasing angle of attack, the onset of
large variations in the flutter derivatives would be expected to occur at
a lower Mach number as the angle of attack is increased.
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Effect of thickness distribution =mt high angles of attack.- At s
Mach number of 0.2 (fig. 8(a)), for the airfoil designed for high maximum
1ift coefficient (the NACA 2-008 airfoil), the 1ift derivatives and phase
angles are in noteworthy agreement with theory, except for a slight
increase in-magnitude snd a lag of the phase angle at the higher values™
of reduced frequency. However, these exceptions at the higher reduced !
frequencies appear-ta be characteristic of nearly all the data. At a
Mach number of 0.5 (fig. 8(d)), the effects of thickness distribution no
longer appear important. - The trends of the results for each model are
nearly the same, with no apparent relation with theory. This result can
be attributed to leading-edge effects, since the flow over the leading
edge was supercritical.at this Mach number for all three airfoils. As
Mach number is increased to 0.6 (fig. 8(e)), the variation with reduced
frequency becomes more pronounced-for the 654008 and 87TA008 airfolls,
with a large increasge in 1ift derivative as reduced frequency increases,
along with phase angles which lead. the theoretical values except at the ’
highest reduced freguenciles.

Effect of angle of attack at constant Mach number.- In order to
indicate the effects of increasimg the mean angle of attack at a constand
Mach number, figure 13_has been prepared for the reference model at a
Mach number of 0.59 a8 a typical representation of the ‘effects of angle
of attack. The.data for 00 and 2° have been taken from table IT of
reference 8. - :

In figure 13(a), there is little change in the variation of phase .
angle and 1ift derivative up to a mean angle of attack of. h At
= 89, the magnitude_of the 1ift derivative varies much more markedly

w1tb reduced frequency as prev1ous1y discussed along w1th a shift toward'

a leading phase angle.

In figure 13(b), the shift at ay = 8° of the phase angle to a
leading one, that is, 09<6<180°, 1s of particular importance in that
the aerodynamic torsional damping of the ailrfoil is negative and there-
fore indicates the possibility of a single-degree-of- freedom type of '
flutter which does .not.exist at the smeller angles of attack.

Torsional Dampirig with Relation to Stall Flutter =

The large change in phase angle in figure 13(b) is an indication of
large changes of the torslopal damping inasmich as tor81onal demping =
corresponds to that component of the moment in phase with velocity. Thus,
as the moment derivative passses through 180°, the torsional damping com~
ponent decreases to zero &nd becomes positive. Such conditions are also
indicated in figures 5(e) and 5(f) for the NACA 65A004 airfoil at
ap = 4°, and in figure 9 for the NACA 654008 and 877A008 airfoils.
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A reduction in torsional damping; -even without a change in sign,
has been found important in stall-flutter analysis by Victory in refer-
ence 6. It is therefore important that the results of the present inves-
tigation be examined with respect to the torsional-damping parameter.
These results are summarized in figures 1L and 15. It might be noted
that this parameter differs only by a constant from js used by Victory,

and is equivalent to mé used in British notation. It is also equiva-
lent to the expression Cmg + Cmyg, used in dynamic-stability notation.

It is first necessary to point out that for an axis of rotation at
the quarter-chord point, at least for the incompressible case, the
torsional damping.is only a function of reduced frequency. For the speed
range of the present investigetion, the departure of the theory from
linearity was small up to the largest reduced frequency. In view of this
linearity, & torsional-damping parameter may be defined as a theoretical
constant (for all frequencies) obtained by dividing the component of the
moment derivative in phase with velacity by the reduced frequency. The
torsional-damping parameter was examined at constant reduced frequencies
as a function of Mach number. It was found thet although there were
variations with reduced frequency at each Mach number, the general trends
with Mach number were similar in that the trends were primarily due to
the effects of compressibility or separated flow rather than reduced
frequency. It thus appeared that an average value at each Mach number
would be representative of the general trends with Mach number. The
average deviation from the theoretical constant can then be determined
by a simple averaging process of the values for several different fre-
guencies., It is in this manner that frequency has been removed as a
parameter in figures 1k and 15. '

Although large effects of reduced frequency have been shown, the
averaging process in these figures is believed to be valid since for
almost every case the models were oscillated through the same range of
frequencies, except for the NACA 65A00L airfoil at a mean angle of attack
of 40 for which data were taken only at frequencies up to 20 cyeles per
gecond. Data for O  mean angle of attack are also included from refer-
ence 7 to illustrate better the reduction in Mach number at which large
changes occurred as mean angle of attack was increased.

Effects of airfoil thickness on the torsional-damping parameter for
various angles of attack.- These effects are summarized in figure 1k,
This figure indicates that, although a reduction in thickness appears
favorable at 0° mean angle of attack, such is not necessarily the case at
a L4° mean angle of attack insofar as the NACA 65A004 airfoil became
abruptly unstable at M = 0.83. No comparison can be made at higher
angles of attack, since data were not available for the - and l12-percent-
thick airfoils. However, increasing the mean angle of attack from 8° to
10° resulted in a reduction in Mach number at which instability occurred

for the reference airfoil. .
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Effects of thickness distribution .for various angles of attack.-
These effects are summarized in figure 15. It 1 Interesting to note the
changes to the torsionel-demping parameter as the location of maximum -
thickness moved toward the trailing edge. The NACA 2- 008 airfoll became
abruptly unstable at . Q° but not at the higher. angles, although there was
a trend toward reduction of the torsional-damping parameter at 8°. 1In
contrast, the NACA 65A008 alrfoil became unstable at 8° and 10°, had a
trend toward instability at 4%; but remained stable at'0°. On the other
hand, the airfoil with the most rearward location of meximum thickness,
the NACA 8TTAO008 airfail, had the greatest degree of stability at each
angle of attack, It would therefore appear that a rearward location of
the point of maximum thickness is most favorable from the standpoint of _

single-degree-of -freedom flutter in a torsiomal mode,

CONCLULING REMARKS

The results of the investlgation indicate that the variables, reduced
frequency, airfoil profile, Mach number, and anglée of attack, each have
significant effects which appear to be interdependent.

In general, for ahgles of attack below the beginning of stall, rea-
sonable agreement was obtained with theory except for the moment deriva-
tives. This exception was due to changes of the location of the center
of pressure to a point ahead of the quarter chord.

As a first approximation, the Mach number for 1ift divergence can be
correlated with the Mach number 8t which large variations of the deriva-
tives occurred. Since the Mach number for 1ift divergence decreases with
increasing angle of. attack, the onset of large variations in the derive-
ilves can be expected to occecur at.s lower Mach number as the angle of
attack 1s increased.

In some cases, the pogsibility of a single-degree-of freedom tar-
sional instabllity was indicated by 8 change in sign of the torsional-
damping parameter.

At small angles & reduction'iﬁ'aiffbii_tﬂiciﬁessﬂsﬁie;fs.beaeficislwm

since a8 trend toward instability dild not occur for the NACA 65A004 airfoil
at 0O° ; however, at 1° angle of attack, a trend toward instability results
from decreasing airfoll. thickness. For airfolls of equal thickness, a
rearwvard location of the point of maximum thickness appears to increase
torsional stability.

Ames Aeronautical Laboratory o
National Advisory Committee for Aercnautics =
Moffett Field, Calif., Aug. 12, 1954
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NACA 65A0I12
JEEEe— —
NACA 2-008 NACA 65A008 NACA 877A008
e

NACA 65A004

MODEL PRESSURE-CELL LOCATIONS
[Tn Percent of Model Chord]

Cell
number 65A012 | 65A004
upper and| and 2-008, and
lower 654008 | 8774008
surface
1 1.25 1.25
2 3.75 3.75
3 TS5 TS
L 15 15
5 22.5 22.5
6 27.5 27.5
T 35 35
8 45 45
9 52.5 52.5
10 57.5 57.5
11 62.5 62.5
12 67.5 67.5
13 I 5
14 85 85
15 95 90

Figure 1.- Section profiles and pressure-cell locations of models.
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DIAGRAMMATIC SKETCH OF WING DRIVE SYSTEM

/OSC|LLATOR
‘I’ | -DRIVE MOTOR

FIPIIITTIITNI

TUNNEL WALL/_

\XIS OF

ROTATION

/TUNNEL WALL

[P I
M1 i semioaniah e 2 o

A-14566
(a) Downstream view.

Flgure 2.- View of test section with model in place and
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(b) Drive system.
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(a) Lift derivative and phase angle as a function of
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Figure 4.- Effects of airfoil thickness on Iift flutter
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(b) Lift derivative and phase angle as a function of
reduced frequency. M =0.59.

Figure 4.- Continued.
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(c) Lift derivative and phase angle as a function of

reduced frequency. M =0.68.
Figure 4.- Continued.
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(d) Lift derivative and phase angle as ¢ function of
reduced frequency. M =0.73.

Figure 4.- Continued.
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(f) Lift derivative and phase angle as a function of
reduced frequency. M =0.83.

Figure 4.- Continued.
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(g) Liff derivative and phose angle as a function of
reduced frequency. M=0.87.

Figure 4.- Concluded.
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{a) Moment derivative and phase angle as a function of
reduced frequency. M =0.59.

- Figure 5~ Effects of airfoil thickness on moment flutter
derivative and phase angle.
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(b) Moment derivative and phase angle as a function of
reduced frequency. M = 0.68.

Figure 5- Continued.
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(c) Moment derivative and phase angle as a function of
reduced frequency. M=0.73.
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(d) Moment derivative and phase angle as a function af
reduced frequency. M=0.79.

Figure 5.- Continued.
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te) Moment derivative and phase angle as a function of
reduced frequency. M =0.83.

Figure 5.- Continued.
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(f) Moment derivative and phase angle as a function of
reduced frequency. M=0.87.

Figure 5.- Concluded.
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Figure 6.- Effects of airfoil thickness distribution on Iift
flutter derivative and phase angle.
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(b) Lift derivative oand phase angle a a function of
reduced frequency. M =0.43.

Figure 6.- Continued.
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(c) Lift derivative and phase angle as a function of
reduced frequency. M =0.59.

Figure 6.- Continued.
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(d) Lift derivative and phase angle as a function of
reduced frequency. M =0.68

Figure 6.- Continued.
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(e) Lift derivative and phase angle as a function of
reduced frequency. M =0.73.

Figure 6.- Gontinued.
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(f) Lift derivative and phase angle as a function of
reduced frequency. M =0.79.
Figure 6.- Continued.
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(g) Lift derivative ond phase angle as a function of
reduced frequency. M =0.83.

Figure 6~ Continued.
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(a) Moment derivative ond phase angle as a function of
reduced frequency. M =0.59

Figure 7.- Effects of airfoil thickness distribution on moment
flutter derivative and phase angle.
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(c) Moment derivative and phase angle as a function of
reduced frequency. M =0.73

. Figure 7.- Continued.
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(d) Moment derivative and phase angle as a function of
reduced frequency. M =0.739.

Figure 7.- Continued.
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(f} Moment derivative and phase angle as a function of
reduced frequency. M =0.86.

Figure 7.- Goncluded.
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(a) Lift derivative and phase angle as a function of
reduced frequency. M =0.20.

Figure 8~ Effects of airfoil thickness distribution on Iift
flutter derivative and phase angle.
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(6] Lift derivative and phase angle as a function of
reduced frequency. M =0.30.

Figure 8.- Continued.

T

F



NACA RM ASLH1D

10 Flogged symbols obtained from
static dota see figure 10
g YoPo
(074
&
€ T N o Jog ]
dc; el e o Thg 3-0/
da D A
4 . A
2
o
120
[ w~vaca z-o0s
© NACA 654008 ap-=8°
A NACA 8774008
&80
40 0
o |BlapEag] 2
320
N
280 L=
o 2 .4 .6 g 1.0 l.2

k

(c) Liftderivative and phase angle as a function of
reduced frequency. M =0.40.

Figure 8.- Continued.
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(d) Liftderivative and phase angle as a fynction of
reduced fregquency. =0.50.

Figure 8.- Continued.
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(a) Moment derivative and phase angle as a function of
reduced frequency. M =0.20.

Figure 9.- Effects of airfoil thickness distribution on lift
flu tter derivative and phase angle.
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(b) Moment derivative and phase angle as a function of

reduced frequency. M =0.30.

Figure 9.- Continued.
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(c) Moment derivative and phase angle as a function of
reduced frequency. M ~ 0.40.

Figure 9.~ Continued.
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(d) Moment derivative and phase angle as a function of
reduced frequency. M =0.50.

Figure 9.~ GContinued.
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(e} Moment derivative and phase angle as a function of
reduced frequency. M =0.59.

Figure 9.- Concluded.
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a) Lift derivative and phase angle.
Figure Il.- Liff and moment flutter derivatives for constant values of reduced frequency as a function
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(b) Moment derivative and phase angle.
Figure l1- Concluded.
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{a) Lift derivative and phase angle.
Figure 12- Lift and moment flutter derivatives for constant volues of reduced frequency as a function
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(a) Lift derivative and phase angle as a function of
reduced frequency. M=0.59.

Figure 13~ Effects of angle of attack on the lift and momen?
flutter derivatives of the reference airfoil.
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